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Abstract
With the recently renewed interest in hybrid propulsion systems, there is a growing need for a vehicle
design optimisation toolbox. This paper presents a multidisciplinary design optimisation framework using
a Non-Dominated Sorting Genetic Algorithm (NSGA-II) to determine the ideal vehicle design for a given
mission profile. The conceptual design of a 100 km experimental sounding rocket is developed using this
framework. The derived vehicle designs are examined in detail to assess the effectiveness of the design
tool. The optimiser produced vehicles very similar in size to existing flight-proven vehicles, confirming
that the results are credible. The study also demonstrated the effect of the choice of propellant and fuel
grain geometry on the overall vehicle design.

1. Introduction

Hybrid propulsion systems provide a promising alternative for current launch vehicles. As a result, the technology
has recently gained momentum, with the concept being adopted by many research institutions and start-up launch
providers.1–3 In light of these recent endeavours, this paper presents a vehicle design optimisation toolbox to facilitate
the design and development of hybrid propellant launch vehicles. Vehicle design and sizing is a highly iterative and
cyclic process requiring extensive trade-off studies between aerodynamics, structures, propulsion, mass, and trajectory.
This complex process requires compromises between individual subsystems and mission objectives, necessitating de-
sign optimisation to provide a more cohesive and effective design tool for launch vehicle development. However, to
date, minimal progress has been made in developing medium to high-fidelity design optimisation tools for large design
domains. Many existing tools implement a low-fidelity approach, and this study aims to address this knowledge gap
and provide insight into the ideal design choices for hybrid sounding rockets.

Multi-disciplinary and multi-objective design optimisation techniques have been applied to a range of hybrid
engine powered vehicles ranging from experimental sounding ground-launched4–7 and air-launched rockets6 through
to orbital8 and re-entry vehicles.9 Many of the previous studies that examine the full-flight vehicle use a low-fidelity
approach with highly simplified assumptions to model the vehicle dynamics and engine aerothermodynamics. Some
of the main underlying simplifications include: implementing only a 2 degree of freedom (2-DOF) flight trajectory
simulation with approximated aerodynamic coefficients,7 using low order analytical regression rate models,10 chemical
equilibrium evaluations calculated only at stoichiometric ratios which do not consider the transient effects of the motor
burn,6 and ideal isentropic equations which do not take into account the losses incurred by combustion inefficiencies
and nozzle geometries.5 Zhu et al. performed a more comprehensive design optimisation study for staged low Earth
orbit (LEO) launch vehicles but only used a 3-DOF simulation and approximated the aerodynamic coefficients using an
existing similar-sized rocket.7 Although these simplified models provide a good starting point to develop the vehicle,
a higher fidelity model will offer a more cohesive and realistic representation of the selected design. Higher fidelity
models incorporating transient effects of the motor burn were implemented in many fuel grain and engine optimisations
efforts;4, 11, 12 however, these had little to no regard for the vehicle’s design.

In 1998, Anderson13 created an objective function and genetic algorithm for the design optimisation of single-
stage solid propellant vehicles.14 The software incorporated a full 6-degree of freedom (6-DOF) trajectory simulator,
mass prediction, aerodynamics, and propulsion model. Since then, other authors have continuously extended the work
in this area. A review conducted by Mahjub et al. found that genetic algorithms were the most widely used tool for the
design optimisation of solid rocket motors.15 Similarly, this trend is reflected in most of the limited literature on hybrid
launch vehicle design optimisation. Casalino et al. implemented a cooperative evolutionary algorithm employing a
genetic algorithm, differential evolution, and particle swarm optimisation in parallel to derive the optimal engine design
for a range of propellant combinations.4 The approach found near-optimal solutions with a reduced run time compared
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to more popular methods.4 Burak et al.5 and Kaled et al.9 also implemented various genetic algorithms to design a
hybrid engine; however, both used a very low-fidelity vehicle dynamic and engine ballistic model. Leverone conducted
an extensive set of manual parametric design studies using a high-fidelity hybrid rocket simulation tool developed by
the University of KwaZulu-Nata to optimise the design of a 100 km N2O/paraffin propellant vehicle16 and this approach
could have significantly benefited from an optimisation algorithm instead.

This paper presents a design optimisation framework for developing hybrid propellant launch vehicles. The
software suite is centralised around a medium-fidelity simulation toolbox and aims to address the shortcomings of
current optimisation approaches. The work focuses on developing sub-orbital sounding rockets; however, the software
is designed to be extensible such that a range of vehicle classes can be included with additional functionality. This
paper covers the simulation models and methods used for developing the design optimisation framework. Comparison
with existing test firing and flight data is used to validate the models. The framework is used to design a 100 km apogee
sounding rocket and an assessment of the validity of the design is presented.

2. Simulation Models and Methods

The vehicle design optimisation environment comprises a set of interconnected modules developed in Python using
object-oriented programming. This modular approach allows for a flexible design environment where individual sub-
components can be interchanged with alternative simulation approaches or higher fidelity methods. It allows the entire
software suite to be extended to accommodate additional functionality. The design toolbox is also interfaced with
external simulation code and open-source Python libraries to assist with the modelling and optimisation procedure.

The design toolbox comprises three main modules: an optimiser, a material and propellant database, and a
performance analysis framework, as shown in Figure 1. The performance analysis module is the main element and
features integrated aerodynamics, weight estimation, propulsion, and trajectory sub-modules to size the vehicle and
model the full flight performance of the proposed design. In addition, the mechanical properties of materials and the
chemical properties of propellants are supplied from a database to allow evaluation of a range of design options. Finally,
this is interfaced with an optimisation framework that feeds design inputs into the performance analysis module and
assesses the vehicle’s performance to the mission objectives and constraints. This process is conducted in a design loop
and continually iterates until an optimal solution is derived. A high-level overview of the system architecture and the
interaction between individual sub-modules and external libraries is shown in Figure 1, and a detailed discussion of the
methodology is given in the following sections.

Figure 1: Software architecture showing interaction between sub-modules.

2.1 Propulsion

Design and evaluation of the propulsion system is conducted using the engine sizing and analysis tool. This tool is
comprised of two sub-modules: an engine sizing function and a performance evaluator. The engine performance target
metrics are initially fed into the engine sizing module, which determines the engine design specifications for a single
design point. This design is then passed to a performance evaluator to simulate the complete transient burn profile of
the engine. As shown in Figure 1, both modules are interfaced with NASA’s Chemical Equilibrium and Applications
(CEA).17, 18
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2.1.1 Engine Sizing

The engine sizing tool derives all the design parameters required to completely define the propulsion system at a
preliminary level, including specifications for the oxidiser tank, combustion chamber, fuel grain, and nozzle. The
calculation requires the target thrust Fopt, burn time tb, chamber pressure Pc, tank pressure Pt, target oxidiser to fuel
ratio OF, ambient operating conditions Tamb and Pamb as well as the feed system parameters to be defined. An overview
of the design process and the input/output of each sizing function is provided in Figure 2. This design process is an
extension of the design procedure outlined by Humble et al.19

Figure 2: Overview of engine sizing process and function interactions.

2.1.2 Engine Performance

The performance evaluation module models the motor’s complete transient burn profile, simulating the oxidiser tank’s
self-pressurisation and blow-down dynamics combined with internal ballistics, fuel regression, and nozzle flow model
for accurate predictions of the overall engine performance. This model is developed using a control volume approach
by dividing the propulsion system into three sections encompassing the oxidiser tank, the combustion chamber, and the
nozzle, as shown in Figure 3.

A mass and energy balance is conducted to derive the set of differential equations used to describe the dynamics
of each subsystem, and a time-marching numerical integration scheme is used to resolve the properties. For a given
time-step, each segment is independently resolved and then coupled to derive the complete operational performance
profile. Using this approach, the thrust curve, impulse, change in propellant mass, and internal chamber properties can
be accurately predicted. The numerical approach used in this model was adapted from the works of Genévivie et al.20, 21

Since nitrous oxide is primarily used in this study, the oxidiser feed system is simulated using a model developed by
Borgdorff22 with good agreement compared to experimental testing. By applying the first law of thermodynamics,
considering the change of enthalpy within the system along with the conservation of mass, the change in chamber
pressure can be expressed as:20

dPc

dt
=
γc − 1

Vc

[(
cpc Tc

) (dmox

dt
+

dm f

dt

)
−

(
cpnoz Tnoz

) dmnoz
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−
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dt
+
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]
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(1)

Here Vc is the chamber volume, dmox
dt and dm f

dt represent the fuel and oxidiser mass flow rate into the system, dmnoz
dt is the

combustion gases exiting the system into the nozzle, cp is the specific heat capacity of the propellant combination, γ is
the ratio of specific heats, and T is the temperature. The modelling technique has been used by McCulley et al.23 and
Chelaru et al.;24 however, a complete derivation of the equation is provided by Genévivie.20 The oxidiser mass flow
rate dmox

dt is provided by CV1. By considering the fuel geometry and applying the classical Marxman’s fuel regression
equation,25 the volume differential dVc

dt , and fuel mass flow rate dm f

dt can be determined:

ṙ = aGn
ox (2)
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Figure 3: Schematic diagram of control volume approach.

dVc

dt
= ppLgṙ (3)

dm f

dt
= ppLgρ f ṙ (4)

The system OF ratio can be determined by the unburnt propellant within the chamber:
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mox,c +

[
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dt −
dmnoz

dt

(
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)]
∆t

m f ,c +
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dmnoz

dt

(
1

OF+1

)]
∆t

(5)

With the pressure and propellant ratio defined, CEA is called to compute combustion thermodynamics and transport
properties, assuming a finite area combustor. CEA also provides the heat capacity values to resolve Equation 1 and dγc

dt
is approximated using a backwards difference temporal discretisation scheme extracted from CEA outputs. Like CV1,
an Euler time integration scheme resolves Equation 1 and determines the transient chamber properties. This control
volume provides all the information necessary to compute the nozzle flow and determine the engine performance.

2.2 Weight and Structures

Precise weight estimations are required to model the flight dynamics of the vehicle accurately. Weight estimation is
also vital for optimisation cases as most problems are defined to minimise overall vehicle mass or the payload mass
ratio. The weight estimation module developed in this code estimates the vehicle’s total mass, the centre of gravity,
moments of inertia and the time-dependent change of these properties as the propellant is consumed. A component
build-up approach is used where the weights and inertias are individually calculated on a subsystem basis. The method
combines empirical techniques with analytical approaches for structural sizing and is linked to a material properties
database.26 Weight estimation requires design inputs to be specified; this includes the subsystem layout, airframe
geometries, materials used and the factor of safety for structural components. By taking this approach, an accurate
prediction can be determined for a broader range of vehicle designs. The implementation only considers single-staged
vehicles; however, the framework can be extended to multi-stage configurations.

2.3 Aerodynamics

The aerodynamics module predicts the aerodynamic forces and moments that act on the vehicle throughout its flight.
These are calculated as part of the trajectory simulator; however, the vehicle’s aerodynamic coefficients and stability
derivatives are estimated using Missile DATCOM. The U.S. Airforce Missile DATCOM code is a comprehensive
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semi-empirical datasheet component build-up method used for the preliminary design and analysis of axisymmetric
and non-axisymmetric missiles and sounding rockets.27 The component build-up approach provides higher flexibility,
allowing for a range of conventional vehicle geometries to be defined and evaluated at a low computational expense
without resorting to higher fidelity methods such as panel codes or CFD.

DATCOM resolves the aerodynamics coefficients and stability derivatives for a defined range of discrete Mach
Numbers M and angle of attacks α. A wrapper translates the vehicle geometry into a DATCOM input file with defined
flight conditions (altitude, Mach Number range, angle of attack range). An output file containing all the aerodynamic
parameters is then read in, and a lookup table is created using a linear interpolation scheme.

2.4 Trajectory

With the vehicle specifications completely defined, the vehicle is passed into a trajectory simulator where flight dynam-
ics of the rocket’s ascent are modelled. A 6-DOF simulator is selected as it provides a more accurate representation of
the vehicle’s flight profile and overall performance. A range of ballistic trajectory simulation codes was assessed, and
RocketPy was selected for this analysis. RocketPy is an open-source Python library developed by The University of São
Paulo specifically for the analysis of sounding rockets.28 The toolbox offers the ability to configure custom-designed
rockets with interchangeable propulsion systems, an environment class with an International Standard Atmosphere
model and live weather forecast, as well as a Monte Carlo analysis tool for statistical estimates of key flight outputs to
model uncertainties in weather.28 The software architecture is structured in such a way that modifications to the code
can easily be implemented.

RocketPy was developed for the analysis of solid propellant vehicles. The code was modified to cater to hybrid
propulsion systems by replacing functions that model the thrust profile, propellant mass change and CG shift with
outputs from the propulsion and weight estimation toolbox. The aerodynamic forces in the original code were calcu-
lated from coefficients extracted from an input file and this is replaced with a look-up table function passed in from
the aerodynamics module. The trajectory simulator incorporates all flight phases necessary for this analysis, including
launch rail-guided ascent, 6-DOF flight, and 3-DOF parachute descent. The simulator employs the standard six degrees
of motion equations with additional terms for jet dampening29 and variable mass effects30 to achieve a higher order of
accuracy. An LSODA numerical scheme is used to perform the time integration of the equations of motion.

2.5 Design Optimisation

Multi-Disciplinary Design Optimisation is achieved using a Non-Dominated Sorting Genetic Algorithm (NSGA-II).31

Genetic algorithms have proven effective in optimising various engineering design problems, especially in aerospace
vehicle development, where optimisation is a critical element of the design process.32 Genetic algorithms are more
suitable for engineering design problems as they explore an extensive search space and are more likely to converge
to a globally optimal solution than particle swarm and binary descent algorithms.33 An objective function integrates
the design and performance analysis module with the optimiser. The objective function takes in an array of input
parameters and calculates metrics that the optimiser seeks to minimise or maximise. In this implementation, design
parameters defining the vehicle are fed into the objective function, where the vehicle is created and then evaluated.
Selected performance parameters of interest are then returned from the function and used as the basis for optimisation.
In addition, constraints are also put in place to ensure non-physical solutions or infeasible designs are filtered out of
the population.

3. Model Validation

The performance analysis models are validated against available experimental data. Due to the novelty of hybrid launch
vehicles, published data encompassing vehicle design specifications, static firing data, and test flight data are scarce. As
a result, a complete study comparing three vehicles of varying scales is presented here. The three vehicles investigated
all exhibited nominal flight sequences, and these include:

– Unexploded Ordnance (UXO) - University of Waterloo (2018): Unexploded Ordnance was Waterloo Rock-
etry’s 2018 entry into the Intercollegiate Rocket Engineering Competition (IREC) for Student Research and
Developed (SRAD) hybrid vehicles. The vehicle was initially designed for the 30,000 ft category; however, it
was scaled back to a 10,000 ft target apogee due to poor combustion efficiencies observed during testing.34

– Phoenix P1B - University of KwaZulu-Natal (2021): P1B is the second series of sounding rockets developed
by the University of KwaZulu-Natal to address the lack of indigenous sub-orbital launch capabilities in South
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Africa. The program aims to develop a cost-effective platform for high-altitude scientific research. The vehicle
was successfully launched in 2021, reaching an altitude of 17.9 km.35, 36

– HEROS 3 - HyEND University of Stuttgart (2017): HEROS 3 was developed in collaboration with the German
Aerospace Research Center (DLR). In 2017, the team broke the altitude record for European student and amateur
rocketry, reaching an apogee of 32.3 km.37, 38

3.1 Engine Performance Modelling

The propulsion module is validated against static test-firing data provided in the reports of all three vehicles assessed.
Engine operating targets from each vehicle were fed into the engine design module. The design specifications derived
by the sizing function showed good agreement with the actual design of each given engine. Margins of error between 5-
30 % for the propellant mass requirements, engine dimensions, and expected operating conditions were observed. More
significant errors are expected to some degree, as the actual engine would have undergone multiple design iterations to
optimise performance and this process is not reflected in the sizing code. On the other hand, the performance analysis
model uses exact engine details provided by the reports to generate the following results instead of the engine details
predicted by the engine design module. Figures 4-6 compare the simulated performances and recorded test data. Here,
the thrust, chamber, and tank pressure are compared, as these are the most important quantities governing the engine’s
performance.
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Figure 4: Validation of engine performance model against UXO’s Kismet Hybrid Engine test fire data.34

0 5 10 15 20
Time (s)

0

2000

4000

T
h

ru
st

(N
)

Simulated

Test Data

0 5 10 15 20
Time (s)

0

2

4

6

P
re

ss
u

re
(M

P
a)

Chamber Pressure

Tank Pressure

Figure 5: Validation of engine performance model against P1B-Mk’s test fire data.36

All cases align relatively well against the experimental data, with some discrepancies. As seen in Figure 4, the
Kismet engine initially exhibits a sharp spike during the start-up phase, indicating that the engine encountered a hard
start during the test. This trend was not observed in a previous test where the tank was partially filled, resulting in
a thrust and pressure profile similar to the simulations.34 The crossover between the tank and chamber pressure in
the experimental data also suggests a recording error or anomaly occurring during the test.34 Regardless, a similar
trend is observed between the two data sets. The pressure profile in the P1B-Mk test showed better agreement (Figure
5). However, the experimental thrust curve shows highly oscillatory behaviour, indicating that the engine suffered
combustion instabilities. The thrust curve used in this comparison is extracted from a filtered dataset35 and shows some
degree of agreement, despite the instabilities incurred. Test data from the HEROS 3 test-firing 6 demonstrated the best
correspondence until the vapour phase transition. This suggests the engine was either shut off after liquid burnout or a
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Figure 6: Validation of engine performance model against HEROS 3’s test fire data39

.

different feed system or pressurisation method was employed. Overall, the model provides a viable prediction of the
engine performance. However, further investigation is needed to improve the modelling of the vapour transition phase.

3.2 Geometry and Weight Estimation

The accuracy of the geometry and weight estimation module was also benchmarked against rocket specifications.
Outputs of the engine sizing module with information on the vehicle’s construction were used to predict the rocket’s
physical layout and estimate its weight. A scaled comparison between the generated geometry and the vehicle’s phys-
ical configuration is provided in Figure 7. A comparison of the estimated vehicle specifications is provided in Table
1.

Figure 7: Comparison of output geometries with existing vehicle schematics.34, 36, 38

Relatively good estimates are found in all cases with margins of error within 10 %. This provides high confidence
that the moment of inertia and centre of gravity estimates would also be reasonably predicted. One potential source
of error in the results stems from incomplete information. As a result, underlying assumptions on several design and
operational aspects, such as the tank ullage, had to be made to completely define all the inputs required for the geometry
calculations and weight estimation. The only significant discrepancy observed was the fuel grain size predicted for the
HEROS 3 vehicle, which was calculated to be 29 % shorter than the actual fuel grain despite being very similar
in weight.37 Since no information is provided on the fuel grain geometry or the type of paraffin wax used, it is
hypothesised that one of these factors would have affected the prediction outcome.
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Table 1: Summary of vehicle specification estimates.

Vehicle UXO34 P1B36 HEROS 338

Parameters Estimated
Value

True
Value

Error
%

Estimated
Value

True
Value

Error
%

Estimated
Value

True
Value

Error
%

Vehicle Length 4.7 4.5 4.4 4.6 4.2 9.5 7.3 7.5 2.7
Propellant Mass 19.5 18.1 7.7 34.2 35.4 3.4 103 102 1.0
Vehicle Mass 43.3 46.7 7.3 38.3 40.7 5.9 70 75 6.7
Lift-OffMass 62.8 64.9 3.2 72.5 76.1 4.7 173 177 2.3

3.3 Aerodynamics and Trajectory Simulation

Aerodynamics and trajectory both rely on external modules. As a result, the codes are not explicitly validated in this
study but are tested in conjunction to ensure that the implementation in the framework is correct. Missile DATCOM
has been used extensively in many vehicle design optimisation studies,6, 40, 41 and its validity across a broad range
of vehicle design configurations and flight profiles has been previously examined.42–44 Comparative studies between
DATCOM, CFD, and experimental data conducted by Nguyen42, 43 and Sooy44 showed good agreement, making this
an appropriate tool for aerodynamic prediction. RocketPy was also heavily validated during its development against
a range of flight-proven sounding rockets.28 A high degree of accuracy was demonstrated in these studies, with a
maximum error of 4.2 % for estimated maximum velocity, 1.9 % for estimated apogee time, and 0.45 % for predicted
apogee compared with recorded flight data.28 A comparison of the integrated trajectory simulation with available flight
data is provided in Figures 8-10, with a summary of the margins of error reported in Table 2.

Table 2: Summary of apogee prediction margin of errors.

Vehicle Predicted Apogee (m) Recorded Apogee (m) Error %

UXO34 4209 4088 a 3.0
P1B36 18092 17900 a 1.1
HEROS 338 32993 32300 b 2.1
a Above Ground Level, b Above Sea Level
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Figure 8: UXO simulated trajectory comparison.

Flight data was not publicly available for UXO’s flight; however, the recorded apogee is provided and included
in Figure 8. As presented in Figure 9, the simulated flight profile is compared to Balmogim’s predicted flight profile
modelled using the University of KwaZulu-Natal’s 6-DOF code (HYROPS).36, 45 RocketPy predicted an apogee much
closer to the actual value. Regardless of how closely aligned the altitude profiles appear, there is a considerable
difference in the two modelled velocity profiles. Examination of the predictions made by Balmogim35 and Broughton36

found that the start-up thrust was predicted to be much higher than the test-firing data resulting in a steeper velocity
profile. The HEROS 3 vehicle was the only project available in literature with complete flight data provided. The
vehicle was initially designed to reach 40-50 km altitude; however, the launch rail was adjusted to 80◦ and the oxidiser
tank was only filled to 70 % due to range safety requirements.38 The model was adjusted to reflect these alterations.
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Figure 9: P1B simulated trajectory comparison.36
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Figure 10: HEROS 3 simulated trajectory comparison.38

The simulation shows very good alignment with the test flight data during the initial ascent phase and begins to deviate
after 15 seconds. The variations in the flight profile are attributed to the thrust curve at the vapour phase of the
burn. The simulated thrust curve exhibits an exponential thrust decay. In contrast, the actual flight experiences a
sharp drop in thrust, which is representative of an engine shut off, as shown in Figure 6. This explains why a sharp
decrease in velocity is observed in the flight data while the simulated velocity continues to increase at a decreasing
rate. As a result, the subsequent flight and apogee are slightly over-estimated. Regardless, the trajectory simulation
still provides an acceptable estimation of the actual flight. As presented in this validation study, the results produced
by Missile DATCOM and RocketPy show very good alignment with experimental data, indicating the modules have
been integrated correctly.

As presented in this validation study, all modules provided physically plausible predictions. For instances where
discrepancies arose, the difference in results was identified and explained. This shows that the simulation module is
credible, making it sufficient for use in the optimisation framework.

4. Results

The design optimisation framework was applied to the conceptual design of a sub-orbital sounding rocket for carrying
a CubeSat to an altitude of 100 km. The proposed vehicle serves as a technology demonstrator designed to deliver
payloads to the Kármán Line for high altitude and micro-gravity space research. The rocket was designed using
Paraffin (SASOL0907) as the fuel, Nitrous Oxide (N2O) as the oxidiser and Nitrogen (N2) as a pressurant. It uses a
circular fuel port, combustion efficiency of 90 %, and 20 % tank ullage. A 10 m launch rail for initial guided ascent
was used and Spaceport America was chosen as the launch site. A summary of the design variables and their limits is
provided in Table 3. Payload weights between 0-25 kg were examined and the payload bay volume requirements were
calculated assuming a 1U CubeSat form factor for each kilogram of payload.

The objectives are set to maximise the payload-to-propellant mass ratio. Constraints are applied to ensure that
non-physical geometries are filtered out and additional design rules are applied. To ensure the vehicle reaches the
Kármán Line, an inequality constraint for the simulated apogee is set between 100 km and 110 km. Similarly, to ensure
the vehicle remains stable throughout flight, the vehicle must maintain a static margin between 1.5-6 body calibre
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Table 3: Summary of optimisation input variables.

Design Variable Lower
Bound

Upper
Bound Design Variable Lower

Bound
Upper
Bound

Payload Mass (kg) 0 25 Boat tail Convergence Ratio (db/d f ) 0.6 0.95
Peak Thrust (kN) 10 50 Boat tail Convergence Angle (◦) 60 80
Burn Time (s) 10 50 Fin Sweep Angle (◦) 10 75
Chamber Pressure (MPa) 2 4 Fin Root Chord Length (m) 0.25 2
Tank Pressure (MPa) 4.7 7 Fin Taper Ratio (% cr) 0.05 1
OF Ratio 5 8.5 Fin Aspect Ratio (% cr) 0.05 1.5
Body Diameter (m) 0.2 0.55 Fin Thickness (m) 0.001 0.025
Nose Cone Fineness Ratio (ln/d f ) 2 6 Leading Edge Ratio (% ct) 0.01 0.5
Nose Cone Power 0.25 1 Trailing Edge Ratio (% ct) 0.01 0.5

during ascent and have a rail departure velocity above 30 m/s.46 A minimum safety factor of 1.5 for fin flutter velocity
is applied to ensure suitable fin geometries. The flutter velocity is given by:47

v f = a

√√√√ G
1.337AR3P(λ+1)

2(AR+2)
(

t
cr

)3

(6)

where G is the shear modulus, P is the atmospheric pressure, a is the speed of sound, AR is the aspect ratio, λ is the
taper ratio, t is the thickness, and cr is the root chord. Finally, geometry constraints were included to ensure the fins
do not extend too far behind the rocket’s body and that the boat tail does not clip into the nozzle. A summary of the
optimisation problem is described below:

Objectives:

maximise: f1(z) = mpayload(z) (7)
minimise: f2(z) = mpropellant(z) (8)

Constraints:

htarget ≤ hapogee(z) ≤ 1.1htarget (9)

min
( 1
d f us

(xcp(z, t) − xcg(z, t))
)
≥ 1.5 (10)

max
( 1
d f us

(
xcp(z, t) − xcg(z, t)

) )
≤ 6 (11)

v(z, t) ≤ 1.5v f (z, t) (12)
vdepart(z) ≥ vrail,min (13)

dbase ≥ dnoz (14)
x0, f ins + rspantan(θsweep) + ct ≤ l f uselage + 2d f us (15)

4.1 Optimisation Results

The evolution of feasible solutions for this problem is presented in Figure 11 with a clear Pareto front produced. A
near-linear trend between the payload capacity and the required propellant mass is observed. From the set of available
solutions, designs with payload capacities of 5 kg increments were selected for further examination. A summary of the
optimiser-selected parameters for these vehicles is outlined in Table 4 with the vehicle schematics presented in Figure
12.

As seen in the vehicle schematics, all rockets have similar profiles and vary by length based on the propellant
requirements. The boat tail geometry, body diameter, and nose cone remain mostly consistent across all payload
capacities.

4.2 HTPB Fuel Grain Substitution

A design study was conducted to examine the influence of the selected propellant combination on the vehicle design.
Hydroxyl-terminated polybutadiene (HTPB), a synthetic rubber commonly used as a fuel for hybrid engines, was
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Figure 11: Pareto front for payload to propellant mass minimisation case.

Figure 12: Comparison of vehicle schematics.

Table 4: Summary of selected design parameters.

Design Parameter 7.3 kg 10 kg 15 kg 20 kg 25 kg

Target Peak Thrust (kN) 22.21 23.17 23.44 27.02 27.28
Target Burn Time (s) 22.32 22.36 22.92 22.31 23.44
Chamber Pressure (MPa) 3.45 3.46 3.44 3.45 3.45
Tank Pressure (MPa) 5.23 5.24 6.24 4.76 5.28
OF Ratio 7.05 6.59 6.95 7.06 6.80
Body Diameter (m) 0.28 0.29 0.29 0.29 0.29
Nose Cone Fineness Ratio (ln/d f ) 4.67 3.83 4.03 4.25 3.95
Nose Cone Power 0.67 0.69 0.75 0.75 0.67
Boat Tail Convergence Ratio (db/d f ) 0.92 0.94 0.95 0.92 0.95
Boat Tail Convergence Angle (◦) 78.88 78.23 79.19 76.81 79.95
Fin Sweep Angle (◦) 59.60 61.11 61.03 57.49 62.66
Fin Root Chord Length (m) 1.14 1.09 1.02 1.02 1.02
Fin Taper Ratio (% cr) 0.53 0.52 0.59 0.52 0.53
Fin Aspect Ratio (% cr) 0.21 0.21 0.20 0.20 0.20
Fin thickness (mm) 10.10 9.50 8.30 9.50 8.30
Leading Edge Ratio (% ct) 0.30 0.19 0.27 0.25 0.27
Trailing Edge Ratio (% ct) 0.49 0.32 0.47 0.49 0.30
Fin Tail Offset (m) 0.16 0.15 0.14 0.07 0.14
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explored in this case.48 HTPB has a significantly slower fuel regression rate than paraffin; however, its superior
mechanical properties make it a desirable choice for large-scale engines with longer burn times.49, 50 In contrast, the
poorer mechanical properties of paraffin make it prone to thermal degradation during prolonged motor firings affecting
the overall scalability of the fuel grain. This issue is less severe for HTPB-based fuel grains due to its chemical
composition.49, 50

Initially, this case was run with the same settings as the previous optimisation case, with only the fuel type
changing; however, the optimiser failed to size any vehicles capable of delivering a payload weight of 12 kg or above.
The results showed that the lower fuel regression rate properties intrinsic to HTPB prohibited higher thrust (20 kN
range) unless a high OF ratio was used. Increasing the oxidiser mass fraction to offset the reduced fuel mass flow rates
leads to an extremely high total propellant mass requirement, rendering the option infeasible.

To compensate for the reduced regression rate, the fuel grain length has to be increased so that the burning
surface area of the fuel port is large enough to deliver the required fuel mass flow rate. Consequently, this increases
the volume of the combustion chamber, limiting the pressure build-up required for the engine to operate effectively. To
overcome this issue, most HTPB/N2O hybrid engines use a more effective grain geometry, such as a star or wagon wheel
fuel port configuration, which increases the exposed surface area whilst minimising empty volume in the chamber.
This design choice was implemented in the 75 kN engine of Spaceship One and Spaceship Two, which uses a multi-
port configuration.48 However, this is not completely necessary for high-performance oxidiser combinations such as
HTPB/O2 or HTPB/H2O2. For the secondary run, the circular fuel port is replaced with a 5-port star geometry and all
other parameters remain the same. Figure 13 presents the results of the updated case with the previous limitation being
effectively rectified. The payload capacity range now extends to the 25 kg defined upper limit. A comparison of the
optimal vehicle designs, including the circular fuel port variations, is presented in Table 5 and Figure 14.

Figure 13: Pareto front for payload to propellant mass minimisation case using HTPB (star port geometry).

Star port fuel grains show a considerable improvement in volumetric efficiency compared to circular port grains,
with up to a 15.6 % reduction in combustion chamber length and 4.95 % in overall length. However, this does not
translate to a weight reduction as initially expected. The optimiser is limited by the maximum producible thrust of
circular port grains and favours lower thrust engines with longer burn times. Consequently, this results in a lower
thrust-to-weight ratio and rail departure velocity, impacting the vehicle’s stability. The vehicles designed under a five
star port geometry can achieve a much higher thrust-to-weight ratio and rail departure velocity.

Both configurations are designed with a propellant ratio less than the optimum OF ratio for HTPB/N2O of 7.1.
This is a trade-off selected by the optimiser to reduce the propellant tank size and weight. As expected, the OF ratio is
higher for the circular port than the star port to compensate for the reduced fuel mass flux of the given configuration.
In all cases, a tank pressure equivalent to the saturation pressure of N2O is selected and the optimiser chooses not to
include additional pressurising gas, which was not the case for the paraffin design study, because the OF ratio selected
for HTPB/N2O is substantially lower than paraffin/N2O, translating to a lower oxidiser mass flow rate. The storage
pressure of N2O alone is enough to drive this flow without a pressurising gas. The reduced storage pressure also means
the structural mass of the tank is reduced. This, combined with the lower oxidiser mass requirements, results in a
lighter set of vehicles than the rockets propelled using paraffin/N2O.
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Figure 14: Comparison of vehicle schematics.

Table 5: Summary of selected design parameters.

Fuel Port Geometry Circular 5-Point Star
Design Parameter 6.5 kg 10 kg 6.5 kg 10 kg 15 kg 20 kg 25 kg
Target Peak Thrust (kN) 14.43 16.72 21.13 19.93 21.49 21.05 22.68
Target Burn Time (s) 24.75 25.55 20.38 22.28 22.88 25.14 25.13
Chamber Pressure (MPa) 2.89 3.05 3.11 3.16 3.16 3.04 3.04
Tank Pressure (MPa) 4.72 4.72 4.72 4.71 4.77 4.71 4.71
OF Ratio 6.45 6.44 5.07 5.01 5.03 5.02 5.02
Body Diameter (m) 0.26 0.28 0.29 0.29 0.29 0.29 0.29
Nose Cone Fineness Ratio (ln/d f ) 0.32 0.35 0.38 0.35 0.35 0.36 0.33
Nose Cone Power 0.70 0.72 0.77 0.78 0.78 0.79 0.78
Boat Tail Convergence Ratio (db/d f ) 0.80 0.78 0.85 0.90 0.83 0.87 0.87
Boat Tail Convergence Angle (◦) 75.29 79.91 0.80 0.80 0.80 0.79 0.80
Fin Sweep Angle (◦) 74.29 68.91 67.62 66.52 66.26 67.63 62.66
Fin Root Chord Length (m) 0.85 0.85 0.94 0.91 0.88 0.86 0.84
Fin Taper Ratio (% cr) 0.57 0.59 0.86 0.81 0.81 0.67 0.63
Fin Aspect Ratio (% cr) 0.26 0.26 0.25 0.25 0.25 0.24 0.24
Fin thickness (mm) 9.03 9.91 8.89 8.39 8.38 8.21 8.23
Leading Edge Ratio (% ct) 0.29 0.29 0.32 0.24 0.24 0.25 0.32
Trailing Edge Ratio (% ct) 0.38 0.39 0.40 0.42 0.42 0.44 0.37
Fin Tail Offset (m) 0.02 0.13 0.02 0.03 0.14 0.17 0.18

4.3 Comparison and Verification of Vehicle Designs

A comparison of the vehicle designs under each propellant combination is presented. More specifically, the 10 kg and
25 kg payload capacity vehicles are examined and this is compared to NAMMO’s Nucleus vehicle, which successfully
launched to 107 km in 2018.51 Figure 15 compares the vehicle schematics with the specifications outlined in Table 6.

As presented in Table 6, the difference in total length, propellant mass, and gross lift-off mass can be seen.
HTPB/N2O and paraffin/N2O both have very comparable optimum characteristic velocities (c∗HTPB/N2O =1604.5 m/s,
c∗paraffin/N2O =1605.7 m/s) and specific impulses (Isp,HTPB/N2O =247 m/s, Isp,paraffin/N2O =248 m/s). The OF ranges where
these optima exist, however, vary significantly. These differences are reflected in the vehicle designs. Additionally,
the schematics illustrate how each propellant combination’s fuel regression rate affects the propulsion system’s design.
The HTPB combustion chamber has a significantly higher aspect ratio than the paraffin chamber, which is much more
compact due to the higher fuel regression rate. As discussed earlier, the lower optimum OF ratio of the HTPB/N2O
means that less propellant and a lower tank pressure is required, resulting in a lighter vehicle overall. HTPB has a
much lower fuel regression rate and once this issue is addressed, with improvements in the fuel grain geometry, HTPB
becomes a much more effective fuel.
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Figure 15: Comparison of propellant selection on vehicle design.

Table 6: Comparison of vehicle specifications.

Payload Capacity 10 kg 25 kg 62 kg51

Propellant Combination N2O
/Paraffin

N2O
/HTPB

N2O
/Paraffin

N2O
/HTPB

H2O2
/HTPB

Total Length (m) 9.84 9.77 11.80 11.61 9.051

Body Diameter (m) 0.29 0.29 0.29 0.29 0.3651

Vehicle Weight (kg) 156.31 128.00 201.89 168.91 -
Propellant Weight (kg) 240.11 216.19 295.59 271.92 -
Lift-OffWeight 396.42 344.19 497.48 440.82 81551

Peak Thrust (kN) 23.21 20.03 27.07 21.31 3051

Total Burn Time (s) 35.19 37.65 35.16 40.61 > 3951

The optimiser has sized all vehicles to a scale similar to the Nucleus vehicle and the discrepancies can be ex-
plained by the design choices made for this particular rocket. Despite having a payload capacity of 62 kg, the rocket is
much more compact as it does not have a recovery system.51 The Nucleus vehicle is also substantially heavier than the
ones sized by the optimiser as it uses a complete aluminium construction instead of carbon fibre.51 This also explains
why a higher thrust of 30 kN was selected. The choice of HTPB/H2O2 as the propellant also reduces the aspect ratio
of the propulsion system. A considerably lower OF ratio is required to achieve optimum combustion performance
when compared to using N2O as the oxidiser. The better overall performance meant that a more compact combustion
chamber could be used and the lower optimal OF ratio meant less oxidiser was required. The combustion chamber
diameter most likely governed the airframe diameter in this vehicle. This is 25 % larger than the ones the optimiser
chose, explaining the reduction in overall length compared to the design options deduced in this study. This effectively
illustrates the impact that the choice of propellant has on the vehicle design whilst confirming that the results of the
optimiser are credible.

5. Conclusion

A framework was developed for the medium-fidelity multidisciplinary design optimisation of hybrid rockets, thus
addressing the shortcomings of current optimisation approaches by improving the simulation fidelity while maintaining
a large design space. The model was validated with experimental data available in the literature and showed good
agreement across all disciplines. As noted, the propulsion simulation needs additional work to address the vapour
transition phase of the burn. The code was applied to a 100 km sub-orbital class rocket design study proposed for
high-altitude scientific research. In this investigation, a set of optimal vehicle designs were derived and explored,
with the effect of the choice of propellant and fuel grain geometry investigated. It was found that hybrid launch
vehicles suffer from poor volumetric efficiencies and scaling issues compared to liquid and solid equivalent vehicles.
Furthermore, despite its poorer regression rate, the use of HTPB results in a lighter and more compact vehicle than
paraffin. Additionally, HTPB becomes less feasible at high thrust ranges unless an optimised fuel port geometry with
a larger burning surface area is used. Overall, the design tool fulfilled the requirements and provided an adequate
foundation for further expansion.
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